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SUMMARY 

f 

t 

. .  

Flight  test' data have been  obtained  with  -the two. B e l l  X - 1  airplanes, ,  
the  X-1-1 airplane  having an 8-percent-thick wing and a 6-percent-thick . 
t a i l  and the X-1-2 airplane having a 10-percent-thick wing  and an 
8-percent-thick ta i l .  Suff ic ient  data have been  obtained on these air-  
planes t o  permit  an  analysis  of the var ia t ion  of longi tudina l   s tab i l i ty  
to a Mach  nuuiber of about 1.05 and of longitudinal trim t o  a Mach  number 
of 1.0. The data were obtained from those  portions of the flights i n  

.which'the l i f t  coeff ic ient  was between 0.25 and 0.-35. , T h e  tes? a l t i tudes  
were between 40,000 feet and 50,000 feet . '  , . 

It w a s  found tha t  the downwash factor  -d€/da decreased from 0.59 
a t  a Mach  number of 0.80 t o  a minimum value of -0.19 a t  a Mach  number 
of 0.923 followed by an  increase  to 0.20 a t  8 Mach  number of 1.0. The 
t a i l   t o t a l -p re s su re   r a t io   va r i ed   bu t  l i t t l e  with Mach number. The 
contribution  of  the  fuselage  to the static stability of the airplane 
was small., The var ia t ion of the s tab i l i ty   cont r ibu t ion  of the horizontal 
t a i l  i s  similar to   the   var ia t ion  of the downwash fac tor  d s /k  and 
is responsible  for  the major par t  of the var ia t ion   in   a i rp lane   s ta t i . c  
s t ab i l i t y .  The var ia t ion in the  apparent stability d6 dCLA. with 

Mach  number waa primarily caused  by the  large  decrease i n  the r e l a t ive  
elevator-stabilizer  effectiveness  except between Mach nunibers of  ,0.89 
and 0.96 where the change i n  static stability, produced by the downwash 
factor,  i s  the more important. The calculated  apparent  stabil i ty 
d5e/dCLA increases from 100 at .a Mach  number of 0.70 t o  2l3O a t  a Mach 
number of 1.0. followed by a decrease to i3Oo a t  a Mach  number of 1.05. 

e/ 

- The  positive  value of .pitching moment f o r  zero  e tabi l izer  and 
elevator  decreases  with  increasing Mack number t o  a Mach  number of 0.87 
above which it i s  approximately  constant. The cdcu la t ed  trim curve is  
i n  good agreement with  the experimentally obtained t r i m  curve, 
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INTRODUCTIOEI 

The National Advisory Committee for  Aeronautics i s  at present I 

conducting f l i g h t  tests in   the  t ransonic  speed  range with  the  Bell X-1  
airplanes. Two airplanes,  differing only  i n  wing and t a i l  thickness, 
are  being used: The X-1-1, having  an  8-percent-thick wing and a 
6-percent-thick t a i l  i s  being  operated i n  cooperation  with the A i r  
Materiel Comnand, U. S. A i r  Force, and the X-1-2, having a 10-percent- 

' t h i c k  wing and an  8-percent-thick ta i l  i s  being  operated  completely by 
NACA . 

T h  space available for  instrumentation was not   suff ic ient   for  
complete pressure  distributions to be obtained on the wing a t  the s&ne 
tfme t a i l  loads w e r e  being  obtained by s t r a i n  gages.  Therefore, the 
X-1-1 airplane, which was being used i n  an  exploratory program t o  obtain 
maximum  Mach  number and al t i tude,  w a s  instrumented t o  measure t a i l  load6 
w i t h  s t r a i n  gages,  while the X-1-2 airplane w a s  instrumented to obtain * 
complete span  loadings on the wing from pressure-distribution measurements. I 

Previous  papers,  referencea 1 and 2, have shown that large  increases * 
i n  apparent  longitudinal  stabil i ty and  changes in   longi tudinal  trim were 
encountered at Mach nwbers i n  the transonic  range. The present  paper 
gives  the results of an  analysis made, using  the  measurednts  obtained 
from both X - 1  a i rplanes,   to  determine  the  causes of these changes i n  
longi tudinal   s tabi l i ty  and trim. The analysis i s  r ea t r i c t ed   t o   a l t i t udes  
of about 40,000 f e e t   a t  which a l t i t ude  the data   u t i l i zed  were obtained. 
A t  lower a l t i tudes  large  aeroelast ic   effects  would be  encountered  but 
insufficient  data have been  obtained t o  permit-evaluation of these ef fec ts .  

I 

I 

CL 

Cm 

C 

€3 

it 

L 

SYMBOLS 

lift coefficient (L/qS) 

pitching-moment coefficient (M/qSc) 

pitching mment of wing at-zero l i f t  (Mo/qSc) 

wing mean aeroaynamic  chord, f e e t  

acceleration due to   gravi ty ,  32.2 feet   per second 

t a i l  incidence  angle,  degrees 

2 

l i f t ,  pounds 

" 
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2 t  t a i l   l e n g t h  measured from- center of gravity t o  quarter-chord 

M pitching moment, foot-pounds 

point of t a i l ,   f e e t  - 
9 ~ m m ~ c  pressure, p o k d ~ '  per square foo t  (0.iM2p) 

st dynamic pressure a t  tail, pounds per  square  foot 
. .  

M Mach  number 

P static  pressure,  pounds per  square foot 

s wing area,  square  feet 

X aistance of center of  gravity from  aerodynamic center of wing; 
pos i t ive   i f  aerodynamic center ' i s  ahead of center of gravity, 
fee t  

c 

se - elevator  control-surface  angle,  degrees 

E downwash .angle,  degrees . 
- 

a '  angle of a t tack  of fuselage  center  line,  degrees 

cLa slope of l i f t  curve  per  degree (dCL/&) 

Subscripts : 

A . airplane 

t t a i l  alone 

W wing alone ' 

f fuselage 

e  elevator 

0 zero. l i f t  

c .g .  center of gravity 
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AIRPLANES AND-INSTRIMENTATION 

Both X-1 airplanes  are  ge'ometrically  identical  except  for  the . 

thicknesses of the wfngs and horizontal tai ls . .  A sketch of the X-1 
configuration i s  given a8 figure 1 and the.  dimensional and mass charac- 
t e r i s t i c s  are tabulated  in.table I. 

The instrumentation of the two airplanes  differs  sl ightly,  a 
complete tabulation  being a s  follows: 

X-1-1 airplane 
(8-percent w i n g ,  6-percent tail.) 
3-component accelerometer 
Airspeed 
Altitude 
Roll turnmeter 
Pi tch turnmeter 
Elevator  position 
Stabi l izer   posi t ion 
Right-aileron  position 
Rudder position 
Angle of at tack 
Horizontal-tail   strain gages 

X-1-2 airplane 

(10-percent wing, 8-percent t a i l )  
-3-component accelerometer . 
Airspeed 

- Altituae 
Roll turrimetek 
Pi tch tur.na.eter, 
Yaw turnnieter 
Stabi l izer   posi t ion 
2 aileron  posit ions 
Elevator  position 
Rudder position 
Wheel and pedal  forces 
Angle of s ides l ip  
2 mulrtiple manometers recording 
span loading on t h e   l e f t  wing 

The records were synchronized by a coprmon tinier. The airseeed 
systems were calibrated by the radar method as discussed i n  reference 3. 
The elevator  position was measured with  respect   to   the  s tabi l izer  a t  the 
elevator  operating a,rm and the stabi l izer   posi t ion w a s  measured with 
respect  to  the  airplane  center  l ine.  

Measurements  were made t o  determine  the dynamic pressure a t  the 
t a i l  of the .X-1-2 airplane by using a small.total-pressure  tube  installed 
ahead of the  leading edge of the horizontal t a i l  a t  the  50-percent- 
semispan s ta t ion.  The free-stream  static  pressure measured a t  the nose 
boon was subtracted from th i s   to ta l   p ressure   to   g ive   the  dynamic pressure 
a t  the tai l .  A photograph of the   instal la t ion i s  shown i n   f i g u r e  2. 

TESTS 

I 

I 

I 

I 

I 
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Recause of the  differences  in  instrumentation and fl ight  objectives 
t t '  the two airplanes,   different measurements - of use i n  analyzing the 
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longitudinal  characterist ics were made with.each X - 1  Etirplane. . The . 

data obtained on each  airplane are as follows: . -  
I 

X-1-1 airplane:  

. (a)  T a i l  loads have been measured using s t r a i n '  gages 

(b) The airplane  longitudinal stability .deriva*ive , d&/dcz has 
tieen determined 'from transient  responses  (reference 4) 

( c )  The l if t-curve  slope has Zeen measured i n  pull-ups a8 reported 
f n  reference .5 

X-1-2 airplane : 

i 

(a) The pitching moment and s t a t i c  margin dC,/dCL of "the wing 

alone have been  determined by span  loadings from pressure  distributions 
(references .6 and 7) c 

(b) The relative  elevator-stabil izer  effectiveness h a s  been measured 
-3 

from t r i m  curves a t  various  stabilizer  angles  (reference 2) 

(c)  The effectiveness  of the eleva tor   in  producing  airplane l i f t  
has been  measured i n   t u r n s  and pull-ups 

(d)  Preliminary measurements of qt Iq with Mach  number i n   l e v e l  
f l i g h t  have been d e  

(e)  Preliminary measurements of tb  variat ion of Uft-curve slope 
with Mach number have been made 

I 

I 

By using  the measured f l igh t   da ta  it w a s  possible t o  determine the 
' contributions of the various portions of the airplane  to   the  s t ick-f ixed 
' s t a b i l i t y  changes and the trim changes using a minimum of wind-tunnel 

model data. The f l igh t   da ta  used were selected from those  portions of : 
the  f l ight  during which the l i f t  coefficient was between 0.25 and 0.35. 

RESULTS AND DISCUSSION 

Stick-fixed  stability.- The variat ion of the s ta t i c - s t ab i l i t y  
derivative d C d d C L  with Mach  number for  various parts of the x-1 a b -  
plane i s  shown in   f i gu re  3. These data ere f o r  lift coefficients near 
0.3 and a center-of-gravity  position of 23.5 percent of $he mean aero-' 

E 

" 

- dynamic chord. I n  this figure the  values of dCm/aCL for  the wing-fuselage 
i;" 

I 
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combination-were computed by use of-unpublished  tail-loads  data  obtained 
on the X-1-1 airplane  in   f l - ight  and the  values of dCm/dCL for   the 

, entire  airplane  were---obtained from the  transient-response  data ' reported 
in  reference 4. T.he var ia t ion of dG/dCL o f - t h e  wing alone with Mach 
number was not  obtained  for the X-1-1 airplane  but has been measured 
by  means of  pressure  distributions on the X-1-2 airplane  (references 6 
and 7) and on an  8-percent-thick wing on the  transonic bump aa reported 
in-reference 8. These curves  are also presented i n  figure 3. Because 

. there were no data  presented in reference 8 a t  Mach numbers-between 0.8 
and 0.9 the  curve was interpolated on the  basis  of-   the X-1-2  data. 

The var ia t ion of the  lift-curve  slope of the X - 1 - 1  airplane  with 
Mach number, as measured i n  flight is reported  in  reference 5 and the 
variat ion i s  reproduced in   f i gu re  4. The measured, but  as  yet  unpublished, 
var ia t ion of C h  for  the X-1-2  i s  also  presented i n  this figure. As 
pointed  out i n  reference 5 ,  the measured value  of C might  be low by 

L, 

I 

as much as  8.percent  at   subsonic Mach numbers because of the  location of 
the  angle-of-attack vane. The l if t-curve  slope of the horizontal tail 
of the X - 1 - 1  airplane has not-been measured i n  flight. Therefore 

was estimated,  based on the  airplane C h  variations and the  data.on 
' the   effects  of aspect   ra t io  and thickness  presented  in  references 9 and 

10, and the  estimate i s  presented in   f igure  4. Also shown i n   t h i s   f i g u r e  
i s  the  variation  with Mach  number of q+/q obtained i n  flight tests Of I 

the  X-1-2'airplane by using the ins ta l la t ion  shown i n   f i g u r e  2. 

- 
cLat I 

By ut i l iz ing   the   da ta  shown in   f igures  3 and 4 it is possible  to , 
determine  the s tabi l i ty   contr ibut ion of  the  horizontal t a i l  and fuselage 
and the  .variation of the downwash factor ds/da  with Mach  number.  The 
variation  with Mach  number of the t a i l  contribution  to.   stabil i ty is  
obtained by subtracting the wing-fuselage  contribution from the complete 
airplane  variation w i t h  Mach  number  shown in   f igure  3. The resul t ing 

in figure 5 and shows that   the   s tabi l i ty   contr ibut ion of the  horizontal  
t a i l  increases  about  three a d  one-half times as the Mach  number i s  
increased from 0.80 t o  0.95. At Machpumbers above 0.925 the t a i l  
s tabi l i ty   contr ibut ion  decreases   to  a value at  M = 1.025 that is twice 
the low-speed value. 

-var ia t ion of the  horizontal-tail   contribution  to  static margin i s  presented 

I 

The var ia t ion of the  fuselage  static-stability  contribution  including 
the fuselage  interference  with Mach  number  was determined by subtkacting 
the wing-alone colitribution (from the bump data  of  fig. 3) from the 
contribution of the wing-fuselage  conibination. This variat ion i s  
presented in   f i gu re  5 and indicates  that   the  destabil izing  effect  of the 
fuselage  increases from the low-speed value of 0.05 t o  a maxfmum of 

I 



about 0.15 at  a Mach nunber of 0.9. A t  higher Mach  numbers the  fuselage 

about 0.08 at a Mach number of 1.025. 
e contribution f irst  decreases and then  increases  sl ightly t o  a value.of 

The value of de/& .=a calculated by the use of the equation 
defining  the tail contribution t o  e t a t i c   s t ab i l i t y   g iven  as 

or 

de 
. da 
- = I +  

This equation, as  are the othe r s   wed   i n  +hts paper, i s  based on the 
assumption of linear character is t ics .  In the  transonic  range t h e '  

derivatives dC, dCL are known t o  be nonlinear at  lift 

coefficients above 0.5 but linear at a l i f t  coefficient of 0.3.  The 
degree of nonlinearity of the other derivativeB i s  not known. 

( I )x and h A  . 

The values of the  various  terms were obtained from figures  4 and 5 
and table  I. The resul t ing  var ia t ion of &/da with Mach number i s  
shown in   f i gu re  5. These r e su l t s  show that de/da has a var ia t ion  with 
Mach  number similar t o  that of the sta t ic -s tab i l i ty   cont r ibu t ion  of the 
horizontal   ta i l   indicat ing that the changes in de/& with Mach nunber 
have the   g rea tes t   e f fec t  on the tail contribution. There i s  a rapid 
decrease of dc/du from the low-speed value of  about 0.59 at  M = 0.80 
t o  a minFmum value of -0.19 at 8 Mach  nuniber of  0 .%5> followed  by  an 
increase t o  8 value of about 0.20 a t  M = 1.0. This general   variation 
of dc/da a t  Mach numbers below 0.9 i s  similar t o  that obtained i n  ' 

the Langley 8-foot-high-speed  tunnel tests reported in reference 11. 
The variation  obtained from the  tunnel  tests i s  presented in f i g m e  5 
for comparison w i t h  the   f l fgh t  test data. The tunnel t e s t s  were made 
on a model having a 10-percent wing which probably  accounts fo r  some of 
the  difference between the flight and tunnel results. 

c The variat ion of relative  elevator-stabil izer  effectiveness w i t h  
- Mach  number f o r  the X-1-2 airplane has been  reported $n reference 2 and 

the curve is reproduced in   f i gu re  6 .  These data were obtained by making 
., - .  

I 
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I 

I 
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fl ights.at   various  stabil izer  incidence  angles and measuring the elevator 
angles  required  for trim. The data shown me fo r  up elevator  angles 
only  because, as  has been  pointed  out  .in  reference 2, the  control 
effectiveness  varies  with  elevator  position at-Mach  numbers between 0.94 
and 1.0. Also shown i n   t h i s   f i g u r e -  is the variation  with Mach  number of 
the  l if t-curve slope of the horizontal t a i l  of the X-1-2  airplane as 
estimated from the  data of figure 4 and references 9 and 10. For 
convenience, the variation of C with Mach  number for  the ent i re  

X-1-2 airplane  obtained i n  f l i g h t  tests has been repeated i n  this figure. 

The data  available  .enable.  a. computation o f t h e   t o t a l   s t a b i l i t y  
(dG/dCL)A of the X-1-2  airplane. The s tabi l i ty   contr ibut ion dCm/dCL 

" I  

L, 

. . . . . . . . . .  . .. - . . .   . .  

of the  wing-fuselage  cmbination i s  computed by adding the  contribution 
of the fuselage (fig. 5 )  t o   t h e .  dCm/dCL o F  the wing .alone as obtained 
from the wing-pressure d is t r ibu t ions   ( f ig .  3 ) .  The resul t ing  var ia t ion 
with Mach  number of d C -  dCL .for the w i n g  plus  fuselage i s  given i n  

figure 7 fo r  a center-of-gravity  position of 22 percent mean aerodynamic 
.chord. T h i s  var ia t ion of  d C  dCL for  the X - 1 - 2  wing plus  fuselage i s  

not  appreciably  different from that'measured  for  the X - 1 - 1  airplane and 
shown i n  f igure 3. 

m l  
m l  

In computing the. t a i l  contribution to. ( dC m/ dCL ) A the ef fec t  of 
changes i n  d € / d a  was determined  separately by holding  the  term (1 - ") 
constant a t   the   value of 0.59 which occurs  at- M = 0.80, and by using 
the  variation shown in   f igure  5 .  These--two calculated  curves me. s h m  
in   f i gu re  7 and.  indicate  the  extent  the  variation  in de/& i s  .responsible 
for  the  large changes with Mach  number i n  tkie dC,/dCL contribution of  
the tail.  The variation o f .  q has very l i t t l e   e f f e c t  

on the  ta i l   contr ibut ion t o  dCm/dCL. 

da 

I 

The t o t a l  of the X-1-2  .airplane  as  obtained by summing 
up the contributions of the wing-fuselage  combination and that of the 
horizontal t a i l  i s  shown in   f igure  7. Since the major contribution i s  
tha t  of the  horizontal   tai l ,  the variation  with Mach  number is  very 
s imi la r   to   tha t  of the t a i l  and, i n  turn,   to ds/du. The  few f l i g h t  
data available from preliminary  transient  response measurements made with 
the X-1-2 airplane have been p lo t t ed   i n  the figure and are in reasonably 
good agreement with the  values,calculated.  data  are 
limited t o  Mach numbers below that a t  which large . I  

I 

changes and the  data  are  insufficient t6 define  the  curve. From a 
comparison  of the  variation for the X - 1 - 2  with  that  of the 
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X-1-1 shown i n  figure 3 it can  be Been that the   s t ab i l i t y  .of both  a i r -  I 

planes i s  about the same up t o  a Mach  nuniber of about  0.86. A t  Mach 
numbers abave.0.86, however, t h e   s t a b i l i t y  of the X-1-2 airplane i s  lesa  ! 

than t h a t  of the  X-1-1 by as much as 25 percent. .The primary  reason  for 
this   di f ference i s  found i n  the value of the r a t i o  . C 

numbers greater than 0.86 for   the  two airplanes; for   the X-1-1 the value 
is of the order of 1.1 w h i l e  for the X - 1 - 2  the value. i s  about 0.90. I 

- 

Latl".aw 
at  .Mach 

i 

The 

from the 

i 
apparent   s tabi l i ty  d6,/dCLA of the X-1-2 airplane w a s  obtained- I 

expression , . .. . . .  

The values .for the various  terms in this expression have been  given i n  
figuPes 4, 6 ,  and 7. The var ia t ion  of d6 dC tha t  would r e a d t  From 

the  CFnges  experienced  individually i n  (dCm/dCL)A, dit/as,, CLat, 

and q t /q  are shown i n   f i g u r e  8 a8 obtained  by  holding a l l   t he   o the r  
parameters  constant a t  their value a t  M = 0.75 while  the  indicated 
quantity  varied  with Mach n m e r .  . These curves  indicate that the 
var ia t ion.of   e levator-s tabi l izer   effect iveness  i s  - the  most important 
change over  the  entire Mach  number range  except  for 8 range  between ' 

M = 0.89 a& 0.96, w h e r e  the  change i n  s t a t i c   s t a b i l i t y  produces a 
greater change in d6 dC  he effects of the variations of c 

and qt/q on dSe/dc are slight. . 

e/ L A ,  

e/ FA' . .  L a t .  . .  

LA 
. .  

The'  var ia t ion.  of d6 dCLA for   the X-1-2 .as computed by sthe equation 
presented  in  theprevious  paragraph is shown in f i - p e  9. Points  obtained 
i n  pull-ups i n   f l i g h t   a r e  shown in the 88me figure for cbparison. 
These data show that reasonable agreement ex i s t s  between the calculated 
var ia t ion  and the   f l igh t   da ta   bu t  that the  calculated,values aze higher 
than the measured values. This difference'may  be caQaed by 'the 
uncertainty  existing in the  values. of the CLa. -terms;" . The Value of .. 
dEee/dCLA increases  about  twenty  time.s--aa €&e Mach:  number is increased 

Prom 0.75 t o  1.0. A s  may be 'seen from the preceding  figure,' thia change 
'is produced  by the  .approximately  five-fold  decrease,in di.f/d€je, and 

e l  . .  

. .  . .  

. .  

I 
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the  approximately  three-fol&  increase i n  (aCm/aCL),. The variat ion 

of d6 dc~* with Mach  number has  been  extended above Mach  number of 1.0 

by means of the  extrapolations shown i n   f i gu re  8. It i a  indicated that 
a t  Mach numbers larger  than 1.0 there is  an appreciable  decrease i n  
d€je/dCLA shown i n  figures 6 and 7. T h i s  decrease i n  apparent   s tabi l i ty  

I s  a lso  shown  by the f e w  data available. 

e l  

I n  ac tua l   l eve l   f l igh t  at constant  al t i tude the p i l o t  would not ' 
notice as large a change i n  the s t a b i l i t y   a s  shown i n  figure 9 because 
dEe/dg would increase by a factor of only 10 between M = 0.7 and 
M = 1.0 w h i l e  dE dC i n d e a s e s  by a fac tor  of 20. This is  because 

the lift coef f ic ien t   requi red   for   l eve l   f l igh t  a t  a Mach  number of 1.0 
is  half tha t   requi red   a t  M = 0.7. 

LA 

T r i m  changes. - An attempt  has  been made to  break down the trim 
changes reported  for the X-1-2 airplane  in  reference 2. The trim equation 
i n  the form 

cmC. Q. 
= c q )  + CL* E + Cmf - 

L 
wa8 used in   the  analysis .  

J 

The w i n g  pitching moment about the aerodynamic center and the 
aerodynamic-center location were obtained f r o m  the preseuPe-distribution 
data presented in   references 6 ana 7. Curves of . c,, and c x/c f o r  

a l i f t  coefficient of O,3 are given in   f igure  10. A curve of a. from 
reference 11 and unpublished f l i g h t  data i s  shown i n  this figure as is 

LA 

the curve of + cL for CL = 0.3. 

It was not  possible to   obtain the fuselage pitching-moment, CQntri- 
bution for the X - 1 - 2  because t a i l  loads were not available  for this 
airplane. However, the  variation of t a i l  Incidence  angle  required for  
t r i m  (c, = 0 w i t h  zero  elevator is available  for  the X-1-2 from 
reference 2. This curve is  presented  in  f igure 10 and w i l l  be used 
subsequently i n  the determination of the  fuselage  corltribution. 

c.g. 1 

I 

I 

L I  
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The var ia t ion of the   p i tch iG.  moment produced by the horizontal 
t a i l  a t  zero  incidence was  computed and i s  presented i n  figure 11. In  
order t o  show the   e f fec t  of the downwash factor  on this t a i l  contribution, 
curves are shown f o r  the pitching moment of the tail by using the 
variat ion of d s / d a  shown i n  figure 5. and a lso  by using a constant 
value of , ds = 0.39. The  dati indicate   that  the negative  value  of  the 

pit.ching mament first decreases  sl ightly  then  increases with Mach  number 
up t o  about 0 . 9 5  after which it decreasea  again. The curves  indicate 
that the  var ia t ion of de/& a t  Mach nunibers above 0.86 is primarily 
responsible  for  the  large  negative value of the tau pitching moment 
a t  M = 0.92. I f  as/& were constant,  the  negative moment would 
decrease a t  Mach numbers larger  than 0.87 rather  than  increasing and 
would have a value a t  M = 1.0 approximately half that  fndfcated. 

aa 

The var ia t ion of  C, obtained by solving  the trim equation  using 
J2 

the   var ia t ion of t a i l  incidelice  required  for trim 

elevator is  shown i n   f i g u r e  11. This is  ac tua l ly   no t   the   va ia t ion  of 
the  fuselage-pitching moment alone  but  includes the var ia t ion  of the 
pitching moment produced by the hor i zon ta l   t a i l  a t  zero  incidence  angle. 
The pitching moment is  fa i r ly   cons tan t   to  a Mach  number of about 0.85' 
a t  which Mach  number the nose-up value begins  to  increase  rapidly  to a 
value of 0.15 at M = 1.0. 

The var ia t ion w i t h  Mach  number of the t o t a l  pitching-moment coeffi-  
cient  obtained by s m n g  the contributions  for  the  airplane w i t h  the tail 
incidence  ana  elevator  angle  both a t  zero is  presented in f igure ll. 
The t o t a l  pitching-moment coefficient  decreases with Mach nmiber from 
i t s  .value of 0.068 a t  M =..0.78 to a value ne- 0.042 a t  M = 0.87. 
A t  higher Mach numbers the  pitching moment rh ins  nearly constant. 

 he var ia t ion  of t 3 m  elevator a m e  fo r  any s t ab i l i ze r  setting 
may be computed by use of the trfm equation which takes the form 

The e f f ec t s  of  the  variation  with Mach n h e r  of dit/dSe, 
. .  C L a t f  - 

and q t / q  were calculated fo r  a tail incidence angle of 1.k0 by holding 
two of the  quantities  constant a t  their value of M = 0.75 while the 
other  quantity was varied. The r e su l t s  are presented i n  figure I 2  and 
indicate that the change of. dit/d8= is  prFmarily  responsible  for  the 
change of  trim w i t h  Mach number. The. e f f ec t s  of C $ and q t l s  '=e - 

: 

I 

I 

! 

I 
I 
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s l igh t .  Also shown in   f igure  12 i a  a cornpmison of  the  calculated 
variation.of  elevator  posit ion  for l.ko stabilizer  with  the  experimentally . 
determined variation  obtained from reference 2. The agreement i s  f e l t  
t o  be good except at M = ,O.gg when the calculated  value is  about 1' 
less  than  the measured eleyator  required  to trim. 

. I  

CONCLUSIONS 

As a result of the  analysie  presented  herein  the  following  conclusions 
have been  reached  for  the X-1 a i rp lanes   a t  a l i f t   coe f f i c i en t   o f .O .3  a t  
a l t i tudes  between hU,OOO f e e t  and 50,000 fee t .  

1. TQe value of the downwash factor de/da decreased from  0.59 
a t  a Mach  number of 0.80 t o  a min imum value of -0.19 a t  a Mach  number 
of 0.925 followed  by-an  increase to 0.20 a t  aMach number of l .0 .  

2. The t a i l  dy-ii-pressure r a t i o  qt/q  varied  but little with 
Mach number, decreasing  to 0.925 a t - a  Mach  number of 0.84 followed by 
an  increase to 0.96 a t  a Msch  number of 0.93 and a decrease t o  0.93 a t  
a Mach  number of 1.0. 

3. The contribution of the  fuselage  to   the  s ta t ic   e tabi l i ty  of the 
airplane dC dC was small- and was not  subject  to  large  variations 

with Mach number. 
( .L)A 

. 4. The var ia t ion of the stat ic-s tabi l i ty   contr ibut ion of  the 
ho r i zon ta l   t a i l  dC dCL i s  s imi la r . to   the   var ia t ion   in   the  downwash 
factor  and is responsible  for most of the  variation i n  the   s t a t i c  
s t a b i l i t y  of the entire  airplane.  

m/ 

5. The var ia t ion  in   apparent   s tabi l i ty  d6e /dCLA with Mach  number 
was primarily  caused.by  the  large  decreaee' i n  tlie  relative  elevator- 
stabil izer  ,effectiveness ditldGe except between Mach  nymber of 0.89 
and 0.96 where the change i n   s t a t i c   s t a b i l i t y  produced by de/&, the ' 

quant i t ies   read t   in   an   increase  i n  apparent  stabil i ty- dGe/dCLA from 
a value  af  about 10' a t  a Mach  number of 0 .TO t o  a value of about 213' 
a t  a Mach  number of 1.0 followed by a. decreaee t o  130' a t  a Mach  number 

. downwash factor,  i s  the more important  effect. The changes in   these  . 

of 1.05. 

,6. The positive  value of t h e   p i t c h i p  moment for   zero  s tabi l izer  
and elevator  decreases  with  increasing Mach-number t o  a Mach  number of 
0.87 above which it- i s  approximately.  constant. . 

! 

" 
I 



7. The calculated trim curve is  i n  good agreement with the  experi- 
mentally  determined  variation of elevator  angle  with Mach number.’ - 
Langley Aeronautical  Laboratory” . .  

National Advisory C“ t t ee  f o r  Aeronautics 
Langley Field, ‘ V a .  
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PHYSICAL CHMIACTEXISTICS OF'BELL X - 1  AIRPLANE 

Engine: . . . . . . . . . . . . . . . . . . . .  
R a t i n g ,  s t a t i c  t h r u s t . a t  sea leve l   for  

Propellant : 
each of the four  rocket  cylinders, lb _. 
Fuel . . . . . . . . . . . . . . . . . . . . .  
Oxidizer . . . . . . . . . . . . . . .  

Propellant  flow (approx. ), lb/sec/cylinder 
Fuel  feed . . . . . . . . . . . . . . . .  

. . Reaction Motors, Inc. 
model 6000C4 

. . . . . . . . . .  1,500 

. . Diluted ethyl alcohol . . . . .  Liquid oxygen . . . . . . . . . .  7.9 . . . . . . .  Eigh pressure 
nitrogen  gas 

.. 

I 

" 

Weight: . .  

Maximum: . . 

With fu l l  load and incorpqrating 

With f u l l  load and incorporating 
8-percent w i n g ,  lb . . . . . . . . . . . . . . . . . . .  12,365 

10-percent w i n g ,  lb. . . . . . . . . . . . . . . . . . . .  12,200 
M i n i m u m : .  . 

Landing condition, 8-percent wing,  lb . . . . . . . . . .  7,340 
Landing condition, IO-percent wing, lb . . . . . . . . . .  7,190 

.Moment of Inertia  (landing  condition): 
10-percent w i h g  8-percent wing  

Ix, slug-ft 2 . . . . . . . . . . . .  3,090 . . . . . . .  3,100 
Iy, alug-ft2 . . . . . . . . . . .  11,710 . . . . . . .  12,350 
I ~ ,  slug-ft  . . . . . . . . . . . . . . .  13,950 . . . .  Not available 2 

Center-of-gravity travel, percent . 
mean aerodynamic chord . . . . . . . . . . . .  M a x i m u m  22.1 percent full 

load  to  25.3 percent empty 

Over-all  height, f t  . . . . . . . . . . . . . . . . . . . . . . .  10.85 
Over-all  length, f t  . . . . . . . . . . . . . . . . . . . . . . . . . .  -. 30.90 

w i n g  : 
Area (including-section  through  fus.elage) sq f t  . . . . . . . . .  130 
Span, f t  . . . . . . . . . . . . . . . . .  :... . . . . . . . . . . . .  M 

Airfoil   section . . . . . . . . . . . . . . . . . . .  NACA 65-110 (a  = 1.0) 
and NACA 65-108 (a = 1.0) 

. . . . . .  . .  

Mean.aerodyFic chord, In. .. . . . . . . . . . . . . . . .  57.71 -. 

Location ( a f t  of leadipg edge root chord}, in .  . . . . .  6.58 a 

Aspect r a t f o  . . . . . . . . . . . . . . . . . . .  . . . .  6 - 
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PHYSICAL CHARACTERISTICS OF.EiELL X - 1  AIRPLAmE -' Continkd 

Root chord, in ,  . . . . . . . . . . . . . . . . . . . . . . . . . .  74.2 

Tip chord, in. . . . . . . . . . . . . . . . . . . . . . . . . .  37.1 
Taper r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . .  2:l 

Incidence, deg: 
Root . . . . . . . . . . . . . . . . . . . . . . . . . . . .  2.5 
Tip . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  1.5 

Sweepback (leading edge)-, deg . . . . . . . . . . . . . . . . . . . .  5.05 

,Dihedral  (chord  plane), deg . . . .  . .  . . . .  '. . . . . .  0 

w i n g  flaps (p1B.X): 
Area, sq f t  . . . . . . . . . . . . . . . . . . . . . . . . . .  11.6 

Chord ( root ) ,  in .  . . . . . . . . . . . . . . . . . . . . . . .  14.84 
Chord ( t i p ) ,  in. . . . . . . . . . . . . . . . . . . . . . .  10.58 

S p a n , f t  . . . . . . . . . . . . . . . . . . . . . . . . . : .  5.83 

Travel, deg . . . . . . . . . . . . . . . . . . . . . . . . . .  .60 

Ailerbn: 
Area (each  aileron  behind hinge line), sq f t  . . . . . . . .  3.15 
Span, f t  . . . . . . . . . . . . . . . . . . . . . . . . . .  5.8 
Travel, deg . . . . . . . . . . . . . . . . . . . . . . . . .  
Chord, percent wing chord . . . . . . . . . . . . . . . . . .  15 
Root-mean-square chord, ft . . . . . . . . . . . . . . . . .  0..565 

Section . . . . . . . . . . . . . . . .  NACA 65-008 ana NACA 65-006 
k e a ,  sq ft . . . . . . . . . . . . . . . . . . . . . . . . .  26.0 

Aspect r a t i o  . . . . . . . . . . . . . . . . . . . . . . . .  5 

Horizontal  tail: 0 

Span, ft . . . . . . . . . . . . . . . . . . . . . . . . .  11.4 

Distance from airplane  design  center of gravity 
t o  25 percent mean aerodynamic chord of tail, ft . . . . .  13.3 

Stabi l izer   t ravel ,  deg (power actuated): 
NOS& up . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  5 

. Nose down . . . . . . . . . . . . . . . . . . . . . . . . .  10 

. 

Elevator (no aerodynamic balance) : 
Area, sq ft . . . . . . . . . . . . . . . . . . . . . . . . . .  5.2 
Travel from s tab i l izer ,  deg: 

. up . . . . . . . . . . ; . . . . . .  i . . . . . . . . . .  16 
Down . . . . . . . . . . . . . . . . . . . . . . . . . . .  7 
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PFSICAI-CHARAC.TERISTICS OF BELL X - 1  AIRPLANE - Concluded 

Root-mean-square.  chord; f t .  . . . . . . . . . . . . . . . . . .  
Chord, percent  horizontal-tail   chord . . . . . . . . . . . .  
Vert ica l  tai l :  

Area (excluding  dorsal‘ fin), sq ft.. 

Fin: 

. -  . . . . . . . . . . . .  
Total  height above horizontal  stabilizer, in. . . . . . .  

Area (excluding  dorsal- ,f in),  eq f t  . . . . . . . . . . . .  

Area, sq f t  . . . . . . . . . . . . . . . . . . . . . . .  
Offset -from t h a t  axis, deg . . . . . . . . . . . . . . .  

Rudder (no. aerodynamic balance) : . .  

. ’. Span, €t . . .  ; . . . . . . . . . .  : . . . . . . . . . . . .  
Travel, deg . . . . . . . . . . . . . .  : . . . . . . . . . .  
Chord, percent   ver t ica l - ta i l   chord  . ; . . . . . . . . . .  

. .  

Root-mean-square chord, f t -  . . . . . . . . . . . . . . . .  

. : 0.464 . . .  20‘ 

. . 25.6 . . 61.25 

. . 20.4 . . .  0 

. . 5.2 . . 6.50 . . c15 . ’. 0 -798 . .  20 

. ,  
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Figure 2.- Photograph of t a i l  total-pressure ins ta l la t ion  on the 
X-1-2 airplane. 
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Figure 3. - Variation of the  s ta t ic-s tabi l i ty   der ivat ive  with Mach numker 

f o r  portions of the.X-l  airplanes. CL = 0.3; .center  of gravity at 
- 23.5 percent ' mean a e r o d y n e c  chord. 
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Figure 4.- Variation of.lift-cu+e slopes aqd t a i l  dynamic-presibre 
ratio with Mach number for X-1 airplanes. 
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Figure 5. - Variation  wlth Mach number 'of   the  static-stability 
contributions of fuselage md t a i l  and computed downwash 
fackor f o r  X-1-1 airplane. CL = 0'.3; center  of  gravity a t  

* '.23.j percent mem aerodynamic  chord. 
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.6 -7 .8 .9 LO L/ 
/Mach number, M 

Figure 6.- Variation of-lift-curve slopes and re lat ive elevator- 
stabilizer  effectiveness Kfth Mach qumber for X-1-2 airplane. 
cL = 0.3. 
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Ftgure 7.- Static-stabil i ty  contributions of various parts of 
X-1-2 airplane and t o t a l   a i rp l ane   s t a t i c - s t ab i l i t y   va r i a t ion  - 
with Mach number. CL = 0.3; center of gravi ty  at 22 percent . 

.mean aerodynamic chord. 
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Figure ,8-. - Effects on elevator effectiveness of X-1-2 of  variations 
of several quantities w i t h  Mach number. CL = 0.3; center of gravity 
at 22 percent mean aerodynamic chord. 
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Figure 9.- Variation of elevator  effectiveness in pmducing lift with 
&ch number f o r  X-1-2. Center of gravity at 22 percent mean aero- 
dynamic chord. - 1  
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Figure 10.- Variation w i t h  Mach  number o f  pitching-moment coefficient,  
angle of attack, and s tab i l izer  incidence for trim w i t h  elevator .. 
zero for X-1-2 airplane.  Center of' -gravity a t  22 percent mean 
aerodynamic 'chord; altitude, 40,000 feet. 
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Figure 11. - Variation  with &ch ,number of pitching-moment contrib.utions 
of t a i l  and  Rzselage with it = 6, = 0 and t o t a l  airplane pitching 

aerodynamic  chord; a l t f tude,  40,000 feet .  
r t  moment f0r.X-1-2. CL = 0.3; center of  gravity a t  22 percent m e a n  
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Figure 12. - Effects of variation  with Mach  number of  several t a i l  
.parameters' on elevator  position  required  for trim fo r  X-1-2  airplane 
m.d variation  with Mach number of trim elevator  angle  for the en t i re  
airplane. it = -1.4O; CL -= 0.3; center  of  gravity a t  22 percent mean 
aerodynamic .-chord; a l t i tude ,  h0,OOO fee t .  
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